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EXPERImiL STUDY AND ANALYSIS OF LOADING Aii PRESS'JRE 

DIS!TRISUTIONS ON DELTA WISTGS DUE TO THICICNESS ARD 

TO ANGTLE OF ATTACK AT SU3EEiSCNIC SPEEDS 

By Williaa B. Boatright 

S W X Y  
.. 

The aerodynamic loading on delta wings a t  supersonic  speeds wzs 
stui ied  pr incipal ly   to  determine the cou-gling and nonlinear  interference 
effects  betxeen  the gressures due t o  mgle  of ettack and  due t o  tj?-ickness. 
Presswe  distributions on four  delta wings having  leading-edge sweep angles 
of 53O, 600, a d  66.60 were meesared at Yach numbers of 1.62, 1.93, and 
2.41. Three wings had NACA 63~003  sections. The other wing had a flat  
upper s-drfece ar?d a leadir?g-edge s-xeeg angle of 53O. A t  Mach numbers of 
1.34 a6 2.41, soxe of the results fo r   t h i s  wing siwlate a wing of zero 

tributions of m NACA 65~003 section Txtng oI" the sme plan form. For 
th i s  comparison the pressure distributions of the N4CX 65.4003 section 
:%ring had the e-x-perimental presswe  distributions et 0' angle of attack 
deducted.  Appreciable  nonlinew  ixterference  effects are shown t o   e x i s t  
such  that zhe pressure  distribdtions caused by t h i c b e s s  and by ar-gle of 
attack  ere  not  additive a t  test argles of &,ttack greater than 5O. Tiese 
effects   are  shoxn t o   e x i s t  f o r  a l l  the NACA 6y-003 section wings a t  all 
t e s t  3kch nwhers, and i n  each  czse the experimental  results we compmed 
with  theory. 

- thich-ess; the pressure  distributions  are compared with the pressure dis- 

. 

T%e pressure  dls t r ibut iox due t o  Xing thickness are shown for   the 
NACA 65AOO3 section wings a t  all t e s t  hkch numbers m d   i n  soxe  cases are 
conpared  with tieory. Also, quantitative  ipTorration on s p a  loadings of' 
de l ta  wings is  gresented  for a Mder  range of operating  cocditions  than 
presently  exist. 

!The l i d t e d  study of Reynolds nmber  effects  inchde  variations  in 
Iieymolds  number  proCuced both by increesed  tunnel  stapetion  pressure md 
by the  use of t rmsi t ion  s t r ips   located  near  the wing leading edge. 

Some resalts  are  presezted of tests which were nade with  the wing of 
zero  thickness a t  a g l e s  of at-leck  greater  than  that  necessary t o  prodizce 

out e thin leading-edge exi;er.sion (meintained at 00 angle of a t tack)   in  
u1 attempt t o  evzluate  the ugper a d  loxer ving  s-arface  interactions i n  

I leading-edge shock detachnen-l. These t e s t s  were conducted with and with- 

J the  presence of a detached shock. 
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INTRODUCTION 

NACA RM L S I 1 4  

Loading  studies on delta wings at  supersonic  speeds  have  been  the 
subject of a nuber of  experimental  investigations,  f-or  example,  refer- 
ences 1 to 7. The  reason  for  the  predominmce  of  delta-wing  data is  the 
bzsic  nature  of  the  delta pkn form.  Not  only  is  the  theoretics1  "treat- 
ment  simgle,  birt  also  the  pressure  distributions  dxe  to  angle  of  attack 
of inany ot'?er plm forms  are  rezdily  determined,  in  whole or ir, pert, 
from  the  qressure  distribution  due to angle  of  attack  of a basic  delta 
wing.  Zvaluation  of  the  experimental  pressure  distribution  due  to  angle 
of  attack  is  compliceted  by  the  coupling  effects  that  exist  between  the 
pressure  distribution  dEe  to  thickness  and that due  to  angle  of  attack. 
aeference 7 shovs  that  for a 5-percent-thick,  sharp  lezding-edge  delte 
wing  at  Mach  number 3.33 appreciable  effects  exist  such  that,  even for 
as mall an angle of attack  as 30, the  pressure  distributions  due  to 
thiclmess and those  due  to mgle of ettwk are  not  additive. 

In the  investigztion of this  report  the  coupling  effects  between 
Yzickness a d  angle-of-attack  pressures  are  further emlored for  thinner 
wings  at  several  lower mch numbers thm- the  deta of reference 7. Four 
wings  were  tested  at  &ch n-mbers 02'' 1.62, 1.94, end 2.41. Three  of  the 
vings ha& XACA 65~003 sections  and  leeding-edge  sweep  angles  of 530, 600, 
and 66.60. The  other  wing  vas a seYLflat  plate  (desi&ated  herein  as E. 

zero-thickness  wing)  such  that at Ysch numbers  for  which  its  lezding  edge 
vas  supersonic  (attzched  shock) '&e results  for  the flat surface  corre- 
sponded  to  results  for a wing of zero  thickness.  Tests  were  also  con- 
ducted for %his  zero-thiclmess  wing  with  and  without a thin,  sharp 
leeding-edge  extension  (which  was  maintained  at Oo angle  of  attack)  in 
an aetempt to evehate the upper- and lover-surface  iotersctions. 
("bleed-around"  effects)  in  t3e  presence of a detached  shock. 

* 

The  span  loadings  and  la-era1  center  of  pressures  are  presented  in 
order to supplement 'he availeble  information of this  type and to  fur- 
nisk  quantitative dah for a wider  range  of  operating  cor?ditions  than 
presentiy  exist.  !Eke  values  of the ratios  of semiqex engles  to  Mach 
angles  covered  by  the  tests  of  this  report  vary  from  about 0.55 to 1.65. 

Pressure  distributions  due  to  thickness  are shmn and,  in  some  cases, 
are  compared  with  the  predictions of e recent  theoretical  technique  pre- 
sented in reference 8. 

The  Reynolds  number  effects  were  assessed  both  by some additional 
tests  Et  an  increzsed  stagnation  pressure  and by some tests  with  rough- 
ness  strips  near  the  leading  edge of the wing. 
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SYMBOIS 

bf/2 

C 

M 

N - 
c P 

Po0 

9 

R 

S 
L 

X 

X' 

Y 

a 

P 

aspect   ra t io  

semisgm (measured from root chord t o   t i p  of d e l t a  wing as i f  
t i p  md t r a i l i n g  edge were not cut o f f )  

l oca l  semispan 

loca l  chord 

root chord ( w i t h  t r a i l i n g  edge not  cut ofl") 

section  nor&-force  coefficient, s,' 5, 

norml-force  coefficient, m/qs 
9 r  
- n, ax 

pressure  coefficient, P - Pol 
9 

!&ch  number 

norm1 force 

loca l   s ta t ic   p ressure  

free-stream stat ic   pressure 

free-stream d p d c  pressure, O.7pm$ 

aeynolds nm-Der (based on mean e e r o d y o d c  chord of 5.00 inches) 

wing area 

ving  thi-chess 

longitudinel  distmce aloEg wing chord (measured Tram apex) 

Longitudinal distmce  along wing chord (measured from leading edge) 

d is tmce  alocg span normal to the  root  chora 

mgle  of a t tack 
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E 

A 

w 

wing semiapex angle 

wing leading-edge s.nreep angle 

m-gle between wiag root chord and a conical.ray from the apex 

APPARATUS 

Tunnel 

All tests vere conducted in   the  -gley +inch  supersonic,t:mel 
which is a  continuously  operating  closed-circuit type i n  which the  stag- 
natioc  presswe and temperatlrre, and the hrunidity of the tunnel  air  m y  
be  colltrolled. Tie different test Mach numbers are  obtained by inter-  , 
chmgezble  cozzles which form a test sectioll abolit 9 inches  squre. 

The sexispea  xodels were nou-ked fron a boundary-layer bypass plate  
as shown ir- the photograph of f i g n e  1. The bypass plate  was rigidly 
attache& t o  %. plug which w a s  mo-anted i n  a hole  in the tunnel walls i n  
vhich  tiie  schlierer window are usmlly located. Tfie windoh- plug, by- 
pass plate, and the various wings which were tested me shoxn i n  the 
photogrsph of figure 2. The steel wings had grooves cut on the i r  sur- 
fzces  into wkic';? the tubing  leading t o  the or i f ices  was inlaid.  After 
ins ta l la t ior  of the tubing, a c lear   s l ss t ic  was used t o  f i l l  the grooves 
and to   mke  the wing smface  flush. Consquently, although  the photo- 
graphs show what =?pears t o  be a rough surface with me3ly grooves, eEch 
wing surface was actually smooth. 

Figure 3 shows tz di:xensional  slretcb of the  various wing models and 
the  locetion of the trar?sFtion  strips which were u e d  fo r  some of the 
tes t s .  The orifice  locations are given ir- table I. Because the wings 
vere  designed  with  constamt t/c,  they were very thin at the  t ips .  Lr- 
order t o  alleviate  the  lozding on t2e thin  portiom of the wFng, the 
t i p s  and the t r a i l i ng  edges were cut  off  as shown in  f igure 3 such tha t  
fo r  inviscid  flow the presswe  readings of my of the or i f ices  would 
not be affected.  Figure 4 shows a  sketch of the  semiflat wing (wing 1) 
w i t h  the  leading-edge  extecsion  attached. A different,  prebent  extension 
w a s  et tached  to the wing f o r  each t e s t  mgle of attack. The juncture of I 

+,3e wing leading edge and the bend l ine  was faired such tha t  E contin- 
uous, distinct  corner was present  dong  this  juncture on t h e   f l a t  side 
of the wing. Some schlieren pkotographs mzde i n  the "gley +inch 
sEpers0xi.c tmnel (not shown herein) ~.t a hkch nrrmber 1.94 of a s i d h r  
wing p l m  form indicated  that  the  ledis@;-edge  extension shown i n  
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figure 4 extended fax enough formxd of the leading edge to assure  that 
the leading-edge  extension was effective  in  preventing "bleed-around" 

d e f f e c t s   a t  all test angles of attack. 

!TESTS 

Most of the  tes ts  were conducted w i t h  smooth models a t  a Reynolds 
nunber of a'oout 2.3 x 10 6 . Simulation of a higher Reynolds number wes 
a t t eq ted   i n   add i t iona l  tests by using  transition  strips  neer  the  leading 
edge i n  order t o  make the boundzry layer  turbulent  rearward of the strip. 
The thickness of ezch strip w a s  about 0.006 inch. The tests asing  tran- 
s l t i on   s t r ip s  were conducted f o r  a limited  nmber of angles of attack 
(-20°, -loo, Oo, loo, and 20°) f o r  a l l   t e s t  Y ~ c h  nuxbers. At e bhch num- 
ber of 2.41, sme t e s t s  were also conducted at a Beynolds number of about 
4.65 x 10 . 'This higher Reynolds number was  produced by an increased 6 
stagn9tion  pressure. 

For nost of the t e s t s ,  the engles of attack were nominally 00, 5', 
loo, 150, znd 20°. Rowever, w i t h  the  lsrger wiogs a t  tine l m e r  Vach 
numbers the  angle-of-ettack rar?ge gas limited because of the t m e l  
cho'king. 

The t e s t s  w i t h  the zero-thickness wing were supplemented a t  ELngles 
of ettack beyond shock  detechment by tests with ana without a thin,  sharp 
leeding-edge  extension (0.020 inch  %hick). The purpose of these tests 
was t o  evaluate  interference  effects  betveen  the  usper and lower wing 
surfaces vhen the leading-edge  shock vzs deteched. 

PROCED-WS P N D  PRECISIOPJ 

A l l  pressures were indicated on a  multiple  tube, mercury mmometer. 
The mnozeter  readings were photographed and the  dzta were nechenically 
reduced t o  presslrre-coefTicient form. 

Since  the wings w e r e  instrumented on only one surface, the data 
corresponding t o  the high-pressure  side were obtained by tes t ing  "he 
viog a t  negative  zngles of zttack, end the dat2 corresponding t o  the 
lov-pressure side were obteined by tes t ing a t  positive  angles of 
attack. 

The zngles  of  ettack were rneesured using a clinoneter on a  reference, 
fht tened  surfzce of the wing mount, which extended outside  the turmel. 
The in i t ia l   a l ineEent  of the wing, referenced t o  free-streem  direction, 



wzs measured w i t h  a cathe-toneter. The accuracy of this latter operation 
resul ted  in  8 probable  error of S.l0 i n  angle of attack. However, the 
errors   in  the angle-of-attack  settings w i t h  respect to eech  other for 
azy one tes t  were probsbly &0.05O. For t%e tests et  different  Reynolds 
numbers, it wes not  necessary t o  reference  the model again with respect 
t o  the free-stream direction; however, for  the t e s t s  w i t h  roughness 
s t r ip s  near  the wing leading edge, this operation w a s  necessary. 

The m a x i m u m  inaccuracy i n  the pressure-coefflcient data, due t o  a 
cons tan t   e r ror   in   red ing  the manoxeter, occurred for the tests a t  the 
lowest Reynolds n-amber (R = 2.3 x 10 1 and the accilracies t o  be  quoted 
ere based on these  tests.  Tcese accuracies were essentially the sane 
ax  sll bbch  numbers since the dynadc  pressures were (for tlne purpose 
of accuracy est imtes)   essent ia l ly  the sane. This condition w c s  a by- 
product of controlling the stagnation  pressure so that the tests were 
conddcted a t  constant Reynolds nurber fo r  a l l  test k c h  numbers. &cause 
the mvlonleter was photoqaphed arid the date reduced  mechanically, the 
accuracy was less  th&n that obtained by direct  menus1 recording which is 
estimzted t o  be H.003. A check of tmical  presswe-coefficient data 
obtained  both  directly and mechenically assessed the  accuracy of the 
mechanically redzceci pressure-coefficient  data  to be i-O.005 for  approx- 
imetely 80 percent of the data and not  ever  exceeding fo.01. 
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No corrections were epplied  to  the  pressure-coefficient  data f o r  
the local  S.01 Mach, nwber  variation that is kncrwn t o  occur  throughout 
the  region of the tes t   sect ion occupied by the wing. This variation 
i n  free-streem Yach nurlbers could produce .SKI e r r o r   i n  the pressure  coef- 
f ic ien t  of fO.004 a t  M = 2.41, cnd -40.008 a t  M = 1.62. 

RESULTS AND DISC-USSION 

Span Loadings and L i f t  Coefficients 

Figures 5, 6 ,  7, md 8 present the span load distributions  for  the 
four vings which were tes ted   in  this hvestigation. A l l  data  points 
were obtzined by mechanically integretiag the chordwise pressure distri- 
bztions. The experinental  loading is comp2red vith the loading  pre- 
dicted by Linear  theory et  sone of the test angles of attack. 

The  -well-knoTwn fact  that   the  spm  loading on delte wings approaches 
a more triangular  distribution as the angle of attack  increases is appar- 
en t   for  a l l  the test  configmations. The pr imry  purpose of t h i s  pres- 
encation of loading  data i s  t o  supglement existing  information so K ? a t -  
accurate  qxantitative estimtes of spm  load  distributions will be pos- 
sible fo r  a wider rmge of vzlxes of p ten E and a than  presently 
ex5 st. 



Figure 9 presents  the  lateral  center-of-pressure  data  for  the vwi- 
r ous test  configurations. The figures  are  arranged  in  order or' increasing 

values  of B ten E .  EZ* vertical  =ne  at a value o-t ./$ of 0.33 repre- 
sents  the  center-of-pressure  locetion  which  would  result  if  the  loading 
were  trizsgulm. I3  the  loading  were  elliptical,  the  center  of presswe 
would be  at a value of ./ $ of 0.423. This location is denoted  by 
another  vertical  line. 

it  is  interesting  to  note  that  at 200 mgle of  attack  the  lateral 
centers of' pressure  for  all  test  configurations  are  very  close  to  the 
same  value  of  y/g = 0.35. At  lower  angles of attwk, the vbiations  in 
the  lzteral  center-of-pressure  locations  are  much  greater. As would  be 
expected,  the  subsonic  leading-edge  wings  at  the  lower  angles  of  attack 
have a center of pressure  spproaching  thzt for an elliptical  loading  and 
the supersonic  leading-edge  wings  have  centers  of  pressure  et  lower  ar?gles 
of  attzck  that  correspond  to  loadings  that  are  between  elliptical md 
t-riangula. 

Figure 10 shcrm  the  normal-force-coefficient  curves  for  the  various 
wings  at  the  various  test l%ch numbers.  The  results were obtained  by 

with  the lir't curves  predicted  by  linear  theory. In all  cases  the  theory 
slightly  overgreciicts  the  slope  except  for  the  wing  with  the  lowest 

better  agreenent,  between  theory and experiment  is  undoubtedly  associEted 
wLth  the  increase in lift  produced by the  leeding-edge  vortex  which f o m  
on  the  low-pressure  side  of e wing  with a highly  sxeptback  leading  edge 
when  flying  at  low  supersonic  Mach  numbers.  (See  refs. 9 and 10.) 

- mechanically  integrating  the  span-loed  curves.  The  results  axe  compared 

- aspect  ratio  (wing 4) et EFach n m k r  1.62. For  this  configuration  the 

It is  interesting  to  note  that  the  normal-force-coefficient  curve 
for the zero-thickness  wing  (wing 1) has e slightly  greater  slope than 
the  curve  for  the rJACA 65AOO3 section  wing of the sane plm f o r m  ( w i n g  2) 
and more  closely  approxigates  the  grediction of' linear  theory.  This is 
true  except  at  Mach amber 2.41where  there is essentially  no  dif" I erence 
between  the  nornal-force  curves  for  the two wings below &a angle of zttack 
of  abodt l5O. 

Pressure  Distributims  Due  to 'Ilhiclmess 

The  press-are-distribution  measurements  with  the  various  wings  at 
0' mgle of  attack  are  presented  in  figures 11, 12, and 13. Figure I L  
presents  the  results  for ~ i n g s  1 and 2. Both of these  wings  had  the 
S a m  plvl form (A = 530) but  wing 1 had a semiflat  section  2nd  wing 2 
had  an EACA 65AoO3 section.  Wing 1, at %tach numbers 1.94 End 2.41, 
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should have indicated  zero  pressare  coef_tici.ent  over i t s  entire  surface 
sinee a t  these two Nach  nulrrbers the  leading edge w e s  supersonic, and i n  
the absence  of viscosity  the deta should  correspond t o  a zero-thickness 
wing at Oo =le of attack. A t  E. bhch nunber of 1.62, t'ne lealing edge 
of wing 1 was only  slightly  subsonic (p tan E: = 0.960), and for the  thin 
section Vnat was used the  leading-edge  flow  deflectlon  angle was proba- 
bly  sufficiently smll that  the  effects from the cmbered  sirrface of the 
wing did not  appreciably  affect the pressures on the f l a t  surface which 
was instrumented. 

The dzta  for  the  zero-tliiclness wing indicete  essentially  zero  pres- 
sure coefficient a t  a l l  t e s t  Mach mmtbers except f o r  two possibly  erro- 
neods test points which ere shown i n  figure l1( E) for  locstions  near  the 
leading edge a& neer  the  tip. Fine generally s-mll depart-ares  fron  zero- 
pressme  coefficient for  wing 1 ere probaba cke to  the 20.01 free-stream 
h c h  number variation and to   the   fzc t  that the wing surface was not  abso- 
lc te ly  flat. Because of the  difficulty of' mchining  this   f la t  wing w i t h  
such a thin  section,  the  surfece,  instead of being  absolutely flet, had 
zbout 0.010-inch conczvity between the leading end t r a i l i ng  edge near 
the  root chord. 

The data   in  f5,gure 11 pertaining  to the NACA 65AoO3 section wing is 
denoted 'iy the squzre symbols. A consistent md expected  thickness 
efs"ect i s  shown with  positive  pressures  near  the  leading edge and nega- 
tive  press'ses  near +3e Trailing edge. This  similes  trend in   t he  dsta 
for 211 the wings at a l l  test Mach nuaibers i s  evident i n  figures 11, 12, 
and 13. Also, %ere  sppecrs t o  be a generel  increase ir- the  pressure 
level  for %l=e Fressures due to   thicmess xitin  increasing Mach nuxber. 

F i g r e  12 presents  the  +,hickness  pressure  distribution for 
Xing 3 (A = 60°) and figure 13  presents the thickness  pressure distri- 
b:tion for  jring IC (A = 66.60). The pressure  distributions are cornpared 
with  linecr Kleory i n   f i g w e s  l3(a) ar?d l3(b) .  The theoretical  tech- 
niqae  presented in  reference 8 was used to  covGte  the  theoretical  curves 
for  t're  szbsonic  leadlng-edge conf'ieg.zrations. This tech-ique permits 
the  calcxjlation of the  pressure st a given so in t   for  any a r b i t r a y  dis- 
5,r:bution o? slopes of the wing surfsce  in the Mach forecone ahe6,d of 
%he point. The xethod is semigraphicsl, b2t t3e  formidas  involved are 
simple. A xore  detalled  3escription of the method c m  be fom-d in   r e f -  
erence 8, -aut the xeC7od will be summarized here t o  give  the  reader, who 
i s  u n f m i l i a  with t:!e method, an understar-airlg of the  Epproximtions 
involved in  the  t5emetic.d  calculations. 

Jigwre 14 shosrs a typical  graFhical  layout  that i s  necessery for  
the coxp-zbation of the  press-are a t  po i r t  P. Since the wings of the  tes ts  
of t h i s  report had a constant  t /c  ratio et  a l l  spxcwise stations,  the 
scrface  slopes  vere  conical w L t h  respect   to   the  t ip  and l ines  of constant 
slo9e  errenatlng fron! %he t ip   vere  dra-vn.  Tne hkch forecone Prorn P was 

. 
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divided  into an  arbi t rary number of equal  parallelograms  (deFending on 
the degree of accuracy Eeeded in  the  calculations).  The wing surface 
slope was assuned constant  in each pa re l l e log ra  and with a value which 
was equal t o  the surface  slope a t  the  center of each  parallelogram. This 
slope wes readily  determined from the  grephical  layout such as  figure 14. 
A sinple formula determined  the  effect of each  parallelogran o ~ l  the  pres- 
sure a t  point P, and the  resulting  pressure zt €’ consisted of the sum 
of the  effects of each  parallelograz. It was only  necessery t o  consFder 
the surrirr;ation  of the  parallelograms in  region ABCP since  the  effects 
of tr iangles PBD md CBE were cancelled by the  effects of the flow 
dis tor t ion between the leading edge z;nd the Mach cone emulating IYom the 
wing apex.  (See ref.  11.) The effects  of the region DSEF 00 point P 
were comuted i n  sone  cases  but were  found t o  be negligible f o r  those 
ceses. 

d 

For the  configu-rations with subsonic  leading edges f o r  which the 
theory was computed, figures l3(a) and 13 (b) , the agreement betveen 
theory znd experimect is good except for the fzc t  that theory  predicts 
a  hrgher  positive  pressure  near the leading edge for   the outboard wing 
sections  than  actually  exist.  Since the zublication of reference 8, a 
silnLls?r reA&& has  beeo presented  in  referer-ce 12 for  ca l cda t ing  the 
thickness  pressure  dfstrlbutions fo r  de l ta  wings wit.h supersonic  leading 
edges. However, theoretical  celculations of the thtckness  pressure dis- 
tributions were not  undertaken  except f o r  the two configurations w i t h  
subsonic  leading  edges which q e  shown fo r  wing 4 in   f igures  l3(e) and 
13(b). Calcul&3-ons f o r  the  other  configurations w e r e  not  expected t o  
be psrticularly  informative beceuse  of the snallness of the pressure 
gradients  involved  for the th in  k5ngs of this investigetion and because 
the  exgerixental pressure distributions due to  thickness were sirnilzr 
f o r  a l l  the wings, whetiner the  leading edge w a s  sabsonic or supersonic 

.. 

It should be mentioned that reference 13 presents e method based 
on shock-expansion  theory fo r  computing pressures  in  the  region ahead of 
the Nach cone fro= tne epex of a delta wing with a sbmp supersonic 
leading edge. Tkis !nethod is  apslicable t o  any wing of this  tme w i t h  
single-curved  swfeces,  but  because of the round leading edges and the 
low  bkch nwfber range of the  confi,wations  tested  in this report  theo- 
re t ical   calculat ions of thickness  pressure  distributions  using this 
method were not  attempted. 

Presswe  Distributions Due t o  Angle  of Attack acd 

Lnterference  Pressures Produced by Thickness 

. Tne study of pressure  distrLbutions on wings  of generally used 
sections is compliceted by distinguishing  the  contributions t o  the  pres- 
surres Ynet are due to thickness f r o m  the  contributions  that are due to 

# - 
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Eagle of attack.  Linear  theory  assxnes  that  the two types  of  pressures 
may be  superposed;  however,  in  reference 7 it  is  shown  that  even  for 30 
angle  of  atteck  et a Mach nwber of 3.3, there  ere  important  effects  due 
to  nonlinearities  an2  the  interference  of  the thichess pressures  on  the 
angle-of-attack  Dressures. IE order  to  better  describe  the  rxecher-isn 
for  the  coupling of' these  two tmes of  pressure  distributions,  consider 
the analogy of e. two-dimensional,  double-wedge  sectlon  wing at angle  of 
attack.  Tke  surface  slope  is  the  algebraic s m  of  the  angle of attack 
and  the  local  surface  slope  due  to  thickness 8 .  Busemenn's  second- 
order  theory  gives the follawFng  expression  for  the  pressure  coefficient: 

or 

where C1 and C2 are constants  which  are  functions only of the  Mach 
nuziber.  The  well-known  fact  that  nonlinearities  of  the  type  calculable 
by second-order  theory cmnot be  superposed  is  obvious,  since  the  cross- 
prodact  term  prohibits  the  addition  of  thickness  and  ingle-of-attzck 
effects. Inspection of this equation shuws that  it  is  possible  for  the 
thickness  contribution to be smal l  such  that  the term B2 is  negligible, 
bct at sufficient-  large angles of attack & small thickness might 
affect  the  nonlinearity of  the  pressure if the  term 2u6 is signtficant. 
Furthermore,  from  this  two-dimensional malogy it can be  reasoned  that 
%he  nonlfnearitles will be  greater  with  increasing Yach number  since C2 
increeses  with  Mach  number. 

The  test  program  used  in  this  investi@tfon  for  the  study of the 
ccdplir-g  effects  be&-ecn  thi-ckness and angle of attack  consisted of tests 
with E wing  vhich  in  inviscid flov simulates a zero-thickness  wing  at 
angles of attack  below shock detachment  and  teats  with NACA 63003 section 
wings. One  of  the  latter  wings  was of the sane plan form as the  zero- 
thiclmese  wing  and  permitted  direct  comparison  to  deternine  second-order 
thickness  effects  on  the  angle-&-attack  pressure  distributions.  The 
semfflat  wing  (wing 1) simulates a zero-thickne'ss  wing  at  Yich  numbers 
fo r  which i ts  leading  edge is supersonic (1.94 and 2.41) and  at  angles 
of attack  below  shock  detachmerrt, and the  data  for 'Aese  conditions 
correspond t o  the assumptions of usual  theoretical  calcuhtions.  At 
angles of atteck  Ebove  shock  detaclment, an- sttempt  was  made  to  evaluate 
the  upper-  and  lower-surface  interactions  in  the  presence of a leeding- 
edge  detached  shock by testing  with  and  without ti. thin  leading-edge 
extension  which was minteined at Go angle  of  attack  independent of the 
wing  angle  of  attack. . 



Zero-thickness  wing a d  comarison w i t h  theory.-  Figures 15, 16, 
and-17 present  the  pressure  nezsurements  as a function of conical  ray 
f ron the  wing  zpex for the  zero-thich-ess  wing  (wing 1) at  three Mach 
nmbers. m e  pressure-coefficient  parameter  is  the  value  of  the  pressure 
coefficient  at Oo angle of attzck  subtracted from the  value  at  each  par- 
ticular  test  angle of attack and multiplied  by 9. .The  pressure- 
coefZicient pasmeter is  plotted  agafnst tm w / t m  E. Plotted  in  this 
w n e r  the  data  should  define a single  curve if the  pressures m e  con- 
stat along  conical  rays  from  the wing apex.  Although  the  data  define 
a sFngle  curve  reasonebly  well f o r  vlgles of attack of loo or less, 
generally,  there  is  poor  agreenent  between  experiment  end  linear  theory. 
(There  is  better  agreement  between  theory  and eqeriment at low angles 
of zttrck  and  lower  Yach  numbers,  as  n?ight  be  expected.)  This  lack of 
ebility  of  linear  theory  to  predict  actual  pressures is well known but 
possibly underemphasized  since  at'ention  is usually directed  to ha- well 
it  predicts  lifting  pressures. 

Reference 14 presents  an  exact  theory  for  conputation of pressures 
on delta  wings  and  points out large  differences  between  the  pressures 
coqui;ed  by  exact md line=  theories.  Reference 14 was  not  used to 
calculate  some  exect  pressure  distribdtions  for  the  zero-thickness wing 
of t h i s  investigetion  because  the  celculations  are  laborious a d  because 
it  was  evident  that,  although  the  egreenent  between  theory and experiment 
would be improved,  the  exec%  theory  would  still not predict  the  pressures 
very  well.  This  latter  reeson  was qparent because  the  exact  theory of 
reference 14 uses  shock-expansion  theory for predicting  the  pressures i n  
the  regFon of the wiog ahead  of  the  Mach  lines Srom the  apex and predicts 
a constant  pressure  in  this  region  for a zero-thickness  wing. The eQer- 
inentel  pressures  were  not  constent  in  this  region  even for the  zero- 
thickness  wing of this  investigatioc.  FAgure l7(b) shows  the  experimen- 
tal pressures  conpzred  both  with  line-  theory md shock-expansion  theory 
for  the  outboerd  part  of  the  wing  End  illustrates  the  poor  agreenent 
between  theory uld experiment  for  this  Ekch  ramher  at 100 an-&e 0:: attack. 
Shock-expmsion  theory  is  soz-etines  used  at  higher Mach numbers  to 
approxirate  the  pressure  over  the  entire w i n g  surface  by  treeting  the 
ldng  section  as  if  it  were  two  dirinsionel. W-en used i n  this  men.ner 
shock-expension  theory  would  predict e constant  pressure  over  the  entire 
s-mface for  the  zero-thiclmess  wing  (wing 1). It c m  be  seen  in  fig- 
ure l7(b), where  the  prediction of shock-emznsion  theory  is  shown for  
just  the  region of the  wing &-ea& of the  %ch  lines  from  the  apex,  that 
for  the  Ehch  number  range of this  investigation  the  experineotal  pressures 
ere  not  eveo  constant Fn- this  region and that  the  assumption  of  constant 
pressure  over  the  entire  surfece  would be even  more  erroneous. Lf the 
assumption  is mde that  the  reason  the  pressures  on  the  outboard p a r t  of 
this  viog are  not  constant  is  due  to  viscous  effects,  it  is  interesting 
to note  thzt  these  effects do not  seriously  disrupt  the  conicel  nature 
of the flow for this  zero-thickness  wing  at mgles of  attack  of loo or 
less. 
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The datp.  sholE  in  figures 15, 16, and 17 fo r  the  zero-thich-ess 
Xing  et  higher  angles of attach  than 100 shov  sone  depsrture  from COT?- 
ical  flou.  Since  ft  will  be sho-vm subsequently  that  the  interference 
press-nes  produced  by  thickness  cause similar departures  fronz  conical 
flow and  to a greater  extent thm is shokm in  figures 15, 16, and 17 at 
higker  angles  of  ettack than loo, it zppears  possible  that  the botmdmy 
layer  on  t'ce  wing rrilgqt be  causing  the  zero-thickness  wing to have some 
effective  thiclmess.  This  thickness  effect  for  the  resulting wing might 
the=  be  the  cause fo r  the depmtures frorn  conical  flow  which OCCE fo r  
high mgles of  atteck. 

SoTe of  the hta f o r  the  zero-thickness  wing  with  and withoat the 
leading-edge  extension i s  sho-m-  in  figures 18 to 21. These  data  axe 
plotted ic the  sune mnner as  the  preceding  figures  in  order to iXLus- 
trate  the  conical  nature  of  the  flow.  The  datz f o r  eborrt 1l0 angle  of 
attack or less  define a single  c"rve reasombly Tell,  both  with  and 
without  the  leading-edge  extensio2. !his indicates  that  the flow is 
reasonzbly  conical. If the  corresponding  angles of attack in figures 18 
md 19 and  in  figures 20 and 21 m e  cawwed, it cen be  seen  that  there 
is  very  little  difference in the  data  with  or  without &&e leading-edge 
extension,  altkottgh to a slight  extect  the flow for  the  wing  with  the 
extension is less  conicel  then t'ne flow for the  wing  without  the  exten- 
sion. Tk?is fact xigt be  dGe to nec;?micsl  imperfections  in  the 
extension. 

Some  of  the mgles of attack  for  which  data  are  presented  are  not 
necessarily hi@ enough t o  produce e. detached shock. Because  one sur- 
Tace of the  wing w e s  flet  and  the  other  surface was a thin  wedge (3  per- 
cent  thick),  tine mgle of attack  at  which  the  shock  detached was differ- 
ent  at  gosi-iive mgles of  attack from that  at  negative  aqgles of attack. 
At  Xach  nmlaer l.%, t'ne shock  from  the  wedge  side  of  the  wing  would be 
detached  even  with  the  ving e t  Oo angle of attack.  When  obtaining  datz 
for  the  high-pressure  side  (that is, with  the  xing  at E negative m@e 
of  attack),  theoretically  the  shock  vould  detech at m angle  of  attack 
of -5.3O. At a Xzch mx3er of 2.41, the  shock  detaches  at -17.70 and 
d.00 angle of attack. 

Pigares 22 and 23, where gressura coefficient  is  plotted  against 
chord  location,  also  show sone tmical results  with and without the 
leaiing-edge  extension. In both fipres there is a tendency  for  the 
pressures  on  the  high-pressure  side  of  Yce  wihg  to  be  =ore  positive  with 
%he  extension  than  without. TWs effect was usually  more  predominant 
neer  the  leading  edge  and was in  tke eqected direction  since  It c m  be 
reasoned  thet  the  extension  w0r;ld  sappress  the  pressure-relieving  effect 
of  the  leading  edge k-itln a detached  shock.  However,  this  effect  vas 
not  pronoiu-ced  at all angles of attack  and  spenwise  stations,  and in 
many of  tkese  ccses  the  effect of the  extension I,-es negligible  for  that 
portion  of  the  wing  surface  which  was  instrunented. 



For the  low-pressure  side of the Wing, the effect  of the  extension 
vas, in  generei,  opposite  to what might have  been expected if  the same 
reasoziog had been  used as   for  the high-pressure side. lnstead of the 
pressures  being more negative v i th  the extension, they were less  nega- 
tive  new  the  leading edge in   e lnost  eve-ry cese. Uswlly, th i s   e f fec t  
w a s  sufficiently slrall tha t  it might be  considered  negligible  within 
the eccu-racy of the  data; hovever, the data f o r  a = 9.30 and a = 11.3O 
et y/g = 0.55 inch  (fig. 22) show en effect  that is  definitely  greater 
thm  the accuracy of the  data. A sivzilar e f fec t  w a s  noticed f o r  other 
outboud  stations et this Mach riunber. A- possible  explanation f o r  this 
type of effect  is that  the boundary layer on the upper  s-mface  prevented 
?ne f u l l  theoretical  expmsion of the  flow. it would be  expected tha t  
this   effect   n ight  become inportant on Yne low-gressure  side of the wing 
where the boundery layer is r eh t ive ly   t h i ck  and not be important on the 
high-pressure side viLth i t s  th in  boundary layer. The possibi l i ty  also 
exis ts  t h ~ t ,  although  the  leading-edge  extension was careful ly   set  at 
00 angle of attack,  possibly  the  deflection of Yne wing under  loed  czused 
2 mrping of the  thin  lezding-edge  extension a t  these higher angles of 
attack.  In any case, coxyezed w F t h  the  discrepancy between  experiment 
and line=  theory, which i s  s'noxn f o r  higher  males of attack i n  figures 
22 2nd 23,  t'ne effects of the  leading-edge  extension were small. For 
predicting  the  pressure  distribution,  the  theory does not  agree vlth the 
ex-perimental results ei ther  w i t h  or wi_thout the leading-edge  extension. 

NACA 65J-003 section wings.- Pfgu-es 24 t o  32 present  the  pressure 
dzta i n  the sane Ipanner as  figures 15, 16, md 17 except  that  figures 24 
t o  32 apgly t o  the NACA 65~003 section wings instead of the zero- 
thickness  -dng.  Tnis  presentation is sin-ilar t o  tha t  of reference 7 and 
extends  the st-dies of reference 7 t o  -Lhinver wings at lower Mach mmbers. 
Since  the  values of the gressure  coefficients et  00 zngle of attack  are 
subtrected from %he vzlues et eech particuler test  angle of attack,  the 
tinickmess pressure  distribution for these figures is supposedly not  pres- 
ent and the pressure  distributions  me due so le ly   to  mgle of attack, if  
thicluress a d  angle of a t tack  effects  are purely  zdditive. Eowever, 
ffgures 2L t o  32 shod that  the thic'mess and zngle-of-atteck  effects  are 
not purely edditive even for  the thin,  3-percent-thick wings of Chis 
investigation,  sioce  the  data  indicate that the +low on the wing i s  not 
coniczl f o r  test   sngles of ettack  greater Yh.n 5O. Instead of EL single  
curve,  the  data  indicEte a regular md consistent  departure from coni- 
c a l  flo:r f o r  these configurations.  Slnce the data do del'ine  a single 
cwve  reesombly  well at 5O angle of attack,  the  effects of thickness 
are  not  so strong es those presented iI? reference 7. Reference 7 showed 
a~preciable   depwtures  from coni-cal flaw at  30 angle of at tack f o r  a 
sharp leading-edge,  5-percent-thick, delta wing E t  a Xzch nuqber of 3.33. 

If the datz of figures 24, 25, and 26 a-e conqered w t t h  the  data of 
figures 15, 16, and 17, it is apsarent that khe depzrtures from conical 
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flow a t  t e s t  acgles of ettack  greater then 50 are more pronounced for 
wing 2 (the NACA 65AOO3 section wing) tnan f o r  wing 1 (the  zero-thichess 
xing) at corresponding  angles of at-lack. This comparison is a direct  
indication of the second-order effects  of even the smll arcownt of thick- 
ness of a 3-percent-thick wing on the pressure  distributions. 

The departure from conical flow in  f igures  27 t o  32 are simflar t o  
"Ae departures sho-rn i n  figures 24, 25, and 26 and indicate that the 
effects of tach number and aspect   ra t io  on these  nonlinear,  second-order 
thickness  effects  are secondmy. In t h i s  connection, it w i l l  be rerem- 
bered tha t  the thickness pressure distrfbutions were similar f o r  wings 2, 
3, m d  4. (See f igs .  11, 12, End 13.) It is also cpparent i n   f i g -  
ures 24 t o  32 that the  departures from conical flow due t o  the second- 
order  thic-bess  effects .=re greater thm the   d i rec t   e f fec ts   o f ' th ichess  
on t3e  pressure  distrlbutions. 

Since it was shorn that linear  theory did not  predict the Pressure 
distributions adecpateiy even fo r  a zero-thickness wing at angles of 
attsck of 100 and above, the fact   that   there  is poor  zgreement between 
theory and experirent for these w i n g s  vith thickness is es emected. 

Presslrre  contours.-  Since figures 24 t o  32 show consistent departures 
from conical flow due t o  second-order  thickness  effects, some t n i c a l  
pressxre contours  are  presented  in figures 33 t o  43 to permit better 
visuelizstion of these  effects. The contows were constructed by 
linearly  interpolating be%ween tne  pressure  readings of each  longitudinal 
ro%r  of orifrces t o  determLne the  location of each  contour a t  each spm- 
wise station. These locatfons were then  joined by straight lines. 
F i v e s  33, 34, md 35 show pressure  contours  for wing l w i t h  end without 
the leading-edge  extension. The remaining figures are   for   the wings w i t h  
NACA 55AOOj sections. In each  case,  the  pressures a t  00 mgle  of attack 
were subtrscted from the pressures a t  eech particular t e s t  angle of 
zttack. The contours  with End without  the  leading-edge  extenston were, 
i n  general,  very similar (f igs .  33, 34, and 35) a t  corresponding  angles 
oI" attsck. It should be pointed  out that, for  wings on which a shallwd- 
pressure  gradient  exists over a large  region,  vmiatiom  in the patterns 
of the  indLviduzl  contozrs i n  this region  cen be greatly changed by small 
inacclzacies or insignificant  local-pressure  fluctuations. For this 
reason, too much significance  should  not be attached t o  the  locations of 
individual-  contozs  in  regions where the  contour  spacing i s  large,  but 
attention s4ould  be  confined t o  the overall  general  effects shcrrsr, by the 
contours. 

Figures 36 to k3 show thzt  the  general  effect of the thickness cou- 
pling OE the  mgle-of-atteck  pressure  contours i s  t o  cause  deviations 
from stmight conical  contours  to curved  contours which are convex vLth 
respect   to  ",e wing leading edge. VLscous effects  such  as  sepzretion 
near the wing t ra i l ing  edge could also cause this same type of curmture 



a d  is believed  to  account  for  part  of  the  deviations  from  conical ?low 
which  were  experienced  for  wing 1 at  high  angles  of  attack. 

The  pressure  contours  of  figures 33 to 43 illustrate  grephically  the 
steeDer  pressure  gradients  that  occur  on  kings  of  lower  aspect  ratios  at 
lower Mch numbers  than  occur  on  wings of higher  aspect  ratios  at  higher 
Mzch  numbers. 

Reynolds  limber  Effects 

Although  the  study of Reynolds  number  effects  was  not  one  of  the 
primary  objectives ol“ this  investigation,  sone  &ta to he19  evaluete 
Reynolds  number  e2fects  were  obtained.  Typical  dats  showing Reyndds 
nmber effects  are sho-m in  figure 44 and k g .  Flgure  &4(a)  shows a 
chordwise  pressure  distribution  lor  the  wing  of  lowest  aspect  ratio  at 
the  lowest  Yach  number.  Figure 4 ( b )  shows a spm-wise  pressure  distri- 
bution  for  the sane c0lll”iguration.  Figure 45 represents  corresponding 
date  for  the  wing  of  highest  aspect  ratio  et  the  highest  Mach  number. 
No pronounced  Reynolds  number  effects  axe  apparent in the  date. For 
mzny of  the  pressure  distributions of other  configurations  which  are 
Dot sham, there  were small Reynolds  number  effects  on  the  low-pressure 
side of the  wing of the  same  order of magnitude as shown io  figure 43(a). 
This  low-pressure  side  of  the wtng consistently  showed  the  greatest 
scatter  in  the  curves;  however,  the  effect  is so smell tht it  is  ques- 
tionEble  whether  it  is  real or due to the  ineccuracy  of  the  data. 

Since  references 2 end 3 showed  more pronouced effects  of  Reynolds 
number  on  the  pressure  distributions of a 68.4O sweptback  delta  wing,  it 
is not  correct to generalize  that  Reynolds  number  effects  ere d w q s  
negligible  for  delta  wings.  The  wing  used  in  the  investigEtion  of  cefer- 
eaces 2 and 3 had a different  section (NACA OO-series)  and  had a thick- 
ness  retio  varying  from I: percent  at  the  root  to 6 percent at the  tip. 
Also,  the  investigation  of Reynolds number  effects was the  primery  objec- 
tive in  references 2 and 3 and  smaller  sngle-of-attack  increments  were 
chosen  in  order  to  obtzir a better  history of separation  phenomena 
throughout  the  mgle-of-attack  range.  Reference 1 also  presents some 
test  results  for  delta  wings  with  higher  aspect  ratios  than  the  wing 
which 1;as  tested in  references 2 and 3 and shows  no  pronounced  Reynolds 
number  effects.  There  is,  therefore, some indication  that  Reynolds  nun- 
ber  effects  are  associeted  with  wings of low aspect  r&io if they ere 
sufficiently  thick. 

. 
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Pressure  distribution  and  loading  studies  on  delta  wings  with  zero 
chichess and with NACA 65~003 sections  at  test  MecQ  numbers of 1.62, 
1.94, d 2.41 heve  obteined  the  following  results  and  indicated  the 
following  conclusions : 

1. The  well-known  tendency fo r  the  loading  on  delta  wings  to  become 
more triangular with  increasing mgle of attack  is sham quantitatively 
for e wider  range of operating  conditions  than  the rmge for  whic:? kt& 
currently  exist. 

2. The  location of the  lateral  centers of pressure  for all "&e wings 
of this  investigation  at  all t e s t  Mach  numbers  vere  essentially  the sane 
at 200 angle of attack.  This  center-of-press-me  location  was  at 35 per- 
cent of the  serrrispm.  At lower angles of sttack,  there  were  greater 
variations  in  the  lateral  center-of-pressure  locations m-d these  locs- 
tions  were shown quentitatively. 

3. Tests  vith a wing of zero  thickness  disclosed  that  at  angles of 
attack of 10° or  less  *he flcg was  conical  at  all  test,  &ch  numbers, and 
only smmll departures from conical flow were  present at higher  angles of 
attack. 

4. The  wing of zer3  thiclness  was  tested  at  angles of attack  greater 
than those  necessary to prodwe lezding-edge  shock  detachxent,  with  and 
without t 2 e  thin  leading-edge  exteosion,  in  order  to  evaluate  pressure- 
distribution  phenomena  associated  with  lezding-edge  shock  detachment. 
For  the  most  part,  the  leading-edge  extension had little  effect  on  the 
pressure  distributions. 

- 

5. Although  conics1 flow exfsted  on  the  wing of zero  thickness et 
10' angle of sttack,  linear  theory was shoTllm to  be imdequate for  pre- 
dicting  the  actual  pressures  on  the  wicg  surface  at  this  or  higher angles 
of attack.  Contrary  to  the  predic-liort of shock-expansion  theory  the 
experixental pressures were not constant in the  region ahe.%d of Mach 
lines from apex. 

6. Even f o r  the  thin PWCA 65AOO3 section wings of this  investigation, 
&.>precizble  noElinear  interference  effects  were shown to  exist  between 
t??e  angle of ettack mc7i the thichess pressure  dfstributions at test 



zngles of attack  greater thzm 50. These effects  caused regular and 
consistent depzrtu-res  from conical flow in  the  pressure  distributions.  

Langley Aeronzutical  Laboratory, 
N&tior?al Advisory Committee fo r  Aeronautics, 

Langley Field, VEL., August 29, 1956. 
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Figure 1.- Photograph of w h g  model a d  bypass pla te  mounted io tunnel. 

(TOP helf 03 t m e l  nozzle  remved.) 
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See table I for mike loadms 

Figure 3. - Dimensional sketch of various willg models showing orifice 
locations. (All dimensions in inches. ) 



M J Bypass Plate 

I 

M 

- 0.020 Inch  thick  leadmg-edge 
extension,  fastened  by flat-head 
Screws and soft solder  to the side 
of the  wing  with  no  orifices 

Leading-edge extension -, 

- wmg rmge m e  
il / I I 

Wing trailing edge i - A  I Section AA 
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FFgu-re 5.- Span- load distributions for wing 1 (A = 53O). (Dzshed. curves 

represent lineax kheory.) 

C- 
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Figure 6 .  - Span load distributions for wing 2 (A = 53’). (Deshed curves 
represer-t line= theory.) 



Figure 7.- Span load distributions for wing 3 (A = 60'). (Dashed 
represent l i n e a  theory.) 

curves 
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Figwre 8. - Span load distrib-Jtions for wing 4 (A = 66.6O). (Dashed curves 
represent lineax theory.) 
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p tan 6 =0.5515 
Wing 4, M=1.62 
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p tan B =0.960 
Wing I (flagged) 
and  Wing 2, M.1.62 

of area of ellipse 
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fl  tan ~=0.7195 
Wing 4, M= 1.94 

.3 .4 .5 
Y/T b 

p tan E =OB60 
Wing 3, M =l.94 
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p tan E =0.7355 
Wing 3, M 1.62 

Y/z b 

p tan E =l.252 
Wing I (flagged) 
and  Wing 2, M=1.94 

.3 .4 .5 
Y/$ 

f l  tan 6.0.949 
Wing 4, M.2.41 '#I t- 
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A .5 
Y/$ 

f l  tan€ 1.265 
Wing3, M=2.41 

.3 .4 .5 
Y/T b 

p tan E 1.650 
Wing I (flagged) 
and  Wing 2, M=2.41 

Figure 9.- Lateral center-of-pressure data for various t e s t  configurations. 



(a) M = 1.62. 

Q. dep 

(b )  M = 1.94. 

a, deg 

( c )  M = 2.41. 

Figure 10. - Normal force curves of var2ous t e s t  configurations. 
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(a) M = 1.62. 

Figure 11.- Pressure distributions at a = Oo. Wings 1 and 2. 
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(b) M = 1.94. 

Figure 11 :- Continued. 
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CP O 

. I  

x/c 

( c )  M = 2.41. 

Figure 11.- Concluded. 
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(a) M = 1.62. 

Figure 12.- Pressure distribu%ions et a = Oo. Wing 3.  
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(b) M = 1.94. 

Figure 12. - Contirued. 
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x/c 

( c )  b1 = 2.41. 

Figme 12.- Concluded. 
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(EL) M = 1.62. 

Figure 13.- Pressure distributions at a = Oo. W i n g  4. 
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(b) M = 1.94. 

F i v e  13.- Continued. 
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(c) M = 2.h. 

Figure 13.- Concluded. 
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I 

&we 14.- Sketch of Qygdcai graphical  layout necessmy far caxqutetion 
of theoretical  pressure at point P. W i n g  4, M = 1.94. - 
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Figure 13.- E'ressure distributions as a fuzlction of conical ray from 
w i n g  apex. wing 1 a t  M = 1.62. 
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Figure 16.- Pressure  distributions as a f'unction of conical ray from 
wing apex. Wing 1 at M = 1.94. 
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tan w 
tan E 

Figure 16. - Concluded. 
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Figure 17.- Pressure distributions as e. function of conical ray from 
w i n g  apex. W i n g  1 at M = 2.41. 
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Figure 17. - Continued. 
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Figure 17.- Concluded. 
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Figure 18.- Pressure distributions as a m e t i o r  of coaical ray from 
w i n g  qex .  W i n g  1 with leeding-edge extension at M = 1.94. 

47 
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tan w 
tan E 
- 

E’i@”e 18. - Concluded. 
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Figure 19.- Pressure distributions as a s"unction of conical ray from 
wing Epex. Wing 1 without leading-edge  exiiension at M = 1.94. 
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Figure 19. - Concliided. 
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Figure 20.- Pressure distributL0n.s as a f’umtion of conicai ray frorn 
wing epex. Wilzg 1 with leading-eee  extensior at M = 2.41. 



Figure 20.- Conclu&ed. 
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FFgce 21. - Pressure  distributions es a function of conical rey from 
w i n g  apex. Wing 1 wi-tiiout leadicg-edge  extecsion at M = 2.41. 



Figure 22. - P r e s s z e  distributions with a d  withact leedirig-edge  exten- 
s i cns  . Wing 1 at bl = L g k .  (Flagged syrrkols denote date. wi-Lh leading- 
edge extension.) 
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c 

X/C 

(a) y / ~ = 0 . 2 5  b 

Figure 23.- Pressure dist r ibutfom w i t h  and without leading-edge  exten- 
sions. W i w  1 at M = 2.41. (Fl-ged symbols decote data w i t h  
leading-edge  extension.) 



Figure 23.- Concluded. 

. 
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F i w e  24.- Pressure dist r ibut ions as a function of conical ray from 
wing &?ex. Wirg 2 at M = 1.62. 
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Figure 25. - Pr 'essiu'e distributions as a function cf conical 
w i n g  q e x .  W:g* 2 at 24 = 1.94. 

ray lrom 
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Figure 25. - Concluded. 
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Figure 26.- Pressure distributions as a function of conical ray from 
wing apex. W i n g  2 at M = 2.41. c 
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Figure 26. - Continue&. 
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P i g w e  26. - ConclLded. 
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.. 
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b Figure 27.- Pressure distribu%ions as a functioll of conical r q  fron 
w wlng asex. Wing 3 & M = 1.62. 
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F i g z e  28.- Pressure distributions as a function of conical  ray Prom 

wips cpex. V i r 4  3 2% M = 1. g?C. 

c___ 
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Figwe 28. - Continued. 
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Figure 28.- Concluded.' 



-6 

-5 

-4 

-3 

-.2 

B 
2 -.I 
7 
' 0 0  
1 
2 

- 

& 1 

2 

3 

4 

5 

6 

7O I .2 3 4 .5 6 7 .8 .9 IO 
tan w 
tan E 
- 

- 

b Figure 29.- Pressure distribukions es z function of conical - w i n g  apex. Wing 3 6% M = 2.41. 
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Figure 29.- ConcluEed. 
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Figure 30.- Press-ze distrikutions as a function of conical  ray from 
wing apex. wing 4 at EI = 1.62. 
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T E i g u e  30. - ContinEed. 



Figure 30. - Conclu6ed. 
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Fi,$pre 31.-  Pressure distributions  as a function of conical rey fro2 

wing apex. Wing 4 at M = 1.94. 
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Figure 31.- Continued. . -  
I 
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F i w e  31. - Concluded. 
I 
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F i v e  32.- Contirmed. 
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Figure 32. - Concluded. 
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A 

L 1 

(a) Low-pressure side; no leading- 
edge  extension;  values of 
CP=~-J. 30 - CP,OO 

(c) Low-pressure side; with lead15ng- 
edge  extension;  values of 
C ~ ~ 1 1 . 3 0  - CP,~O * 

zoo-, / 

L "_ 

(b) High-pressure  side; no leading- 
of 

(a) Bigh-press-me side; with le&ding- 
edge  exteosion;  values of 
CP"U.30 - cP,oo- 

Figure 33.- Pressure contours for wbs 1 at M = 1.94. - 



(a) Low-pressure side; 
CP,11.30 - CP,oo= 

/ 
/ 

/' 

(b) High-pressure side; 
c P , - u , 3 0  - %&O' 

(a) High-pressure si&e; 
CP"21.20 - CP,g0* 

Figure 34.- Pressure cor-toms fcr wing 1 at K = 2.41. 
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, a  
' .  

(a) Low-pressure side; 

I 
" 

Figure 35. - Press-are contours 

(b) High-pressure side; 
cp"11.30 - CP,oo- 

(a) High-pressure side; 

cp,-21.20 - CP,OO' 

for k i n g  1 a t  M = 2.41 k3th 
leading-edge ex%ensioE. 
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(a) Lox-pressure side; 
CPoo50 - CP,g0. 

(c) Low-Pressure side; 
CP,1gO - CP,go- 

i 
L ""_._._."_._ -! 

(b) High-gressure side; 
Cg,-50 - Cp-50- 

(a) High-pressure side; 
(=P"100 - CP,OO - 



(a) Low-pressme side; 
%,50 - %,oo' 

(c) Low-gressure side; 
CP,@ - CP,OO. 

(b) High-pressure side; 
c P ~ - 5 0  - 'be0o* 

(a) High-pressure  side; 
CP"100 - CP,OO. 

Figwe 37. - Pressure contours for win& 2 at M = 2.41. 



/ .  
/ 

n i 

(f') High-pressure si.dc; 
CP,-*OO - CP,gO. 

Figure 37.- Concluded. 

1 . 
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(E) Low-pressure side; 
CP,So - Cp,go* 

(b) High-pressure side; 
CPC&"s0 - CP,OO. 

L 

(a) High-pressure side; 
CP"100 - CP,OO* 

Figure 38.- Pressure con%ours Tor w i n g  3 ai; M = 1.62. 
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(a) Low-pressure  side; 
4,50 - CP&)O' 

(c) Low-pressure  side; 
cpcr;=10o - c~cc-oo' 

(b) High-pressure side; 
C&+O - cp,oo- 

Figure 39. - Pressxre contoilrs for Fiing 3 at M = 1.94. 

I' 
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(c )  Lox-pressure  side; 
CP,lOO - GD&)O' 

(b) Sigh-pressure  side; 
CP,-~O - Cp,oo- 

/ 
L -I 

(d) IIigh-pressure sLde; 

Figme 40.- Pressure contours for wing 3 at M = 2.41. 
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Figure 41.- Pressure contours for wing 4 at M = 1.62. 

. 



Figure 42. - Pressure contours for w i r g  4 at M = 1.94. 
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( e )  Law-press-ae side;  (d) High-preseuze side; 
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. 
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(a) Chordwise pressure variations at yl: = 0.25. 

(b) Spanw.i.se pressure vmiatlons at 
x/cr = 0.757- 

Fi.gUm 44.- Pressure distributions showing the effect of Reyno1.d.s number; wing 11. (A = 66.60) at 
M = ~ 6 2 .  
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(a) Chordwise  pressure  variations  at 

y / i  = 0.25. 

(b) Spanwise  pressure  variations  at 
X/C = 0.762. 

< Figure h5.- Pressure  distributions  showing  the  effect of Reynolds number; w i n g  2 (A = 53O) ? 3 
at M = 2.41. (Flagged  symbols  denote  data  at R = 4,650,000. ) G 


